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SUMMARY 

In order to oLtaln a "better understanding of the potential air- 
cooled turbojet-engine performance, studies are required to Investigate 
"both the engine -performance capabilities and the effect of losses asso- 
ciated with turbine air-cooling on engine performance. This r^ort 
presents computational methods for analyzing turbojet-engine performance 
for a aeries of air-cooled nonafterbumlng and afterburning engines 
where all the engine components are simultaneously aerodynamically lim- 
ited. The coolant-flow ratio was arbitrarily assigned so that the re- 
sults of the analysis can be applied to any ^eciflc air-cooled blade 
configuration. The work required to compress the cooling air, the drag 
of the cooling air upon the turbine, the losses which occur when the 
cooling air and the combustion gases mix downstream of the turbine, and 
losses in the combustor and afterburner are taken Into account. Tech- 
niques are also presented for determining the relative frontal areas of 
the various engine ccanponents. 


INTRODUCTION 

The design and performance of the turbojet engine are, to a great 
degree, controlled by the turbine conponent, which In conventional engines 
limits the turbine-inlet temperature and in many, cases the mass weight- 
flow capacity due to stress-limited turbine annulus area. By use of 
turbine cooling, the blade tenperature and blade strength can be con- 
trolled Independent of the turbine-inlet temperature, with the result 
that greater ranges in turbine and engine operation are possible. In 
order to explore the range of engine operation that can be made possible 
through use of turbine cooling, analsrtical techniques are developed 
herein to determine the design performance of single-stage air-cooled 
turbines operating over wide ranges of turbine design specifications. 

This turbine performance is then used to evaluate potential engine design 
performance for both nonafterburning and afterburning engines. 
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Previous analytical studies on tlie engine performance ottalnable 
by utilizing turbine cooling are cited in reference 1^ and the effect of 
air-cooling on performance of existing engines is reported in refer- 
ences 2 and 3. In all previous investigations, however, no considera- 
tion was given to the beneficial effects of higher turbine-inlet temper- 
atures and turbine-blade stresses on the turbine work and engine weight- 
flow capacity. A recent publication (ref. 4) provides a simplified 
procedure for determining the turbine ^eclfic work for a given combina- 
tion of the turbine design ^ecifications (l.e., turbine-inlet tengiera- 
ture, turbine-blade tip speed, and turbine-blade hub-tip radius ratio). 
With this procedure, it is possible to analyze within a reasonable length 
of time a large number of turbines, as would be required for evaluating 
the design performances of turbojet engines over wide ranges of design 
conditions. In addition, recent con^jonent research permits good esti- 
mates of the con^jonent efficiencies and aerodynaml c limits as needed for 
accirrate evaluation of component losses and wei^t-flow capacity. There- 
fore, a series of investigations has been undertaken by the NACA Lewis 
laboratory to determine the design performances of turbojet engines over 
a wide range of operating conditions; these investigations employ an 
aero thermodynamic analysis which uses the maximum obtainable turbine 
work within established design limitations and relates the engine weight 
flow to the weight -flow capacity of the engine components. The turbine 
design specifications are utilized as the independent variables, since 
along with the component aerodynamic limits and efficiencies they ade- 
quately specify the turbine -cooling requirements as well as the require- 
ments necessany for confuting the engine performance. The analysis 
permits conputation of values of the engine specific weight flews and 
conpressor pressure ratios which are conpatlble and assures realistic 
turbine designs and comparable engines. 

The first part of this investigation is reported in reference 1, 
which presents the turbine design performance (in terms of the obtainable 
compressor pressure ratio and turbine weight flow) and the engine weight - 
flow capacity for nonafterbuming and afterburning engines equipped with 
air-cooled single-stage turbines and operating with high conponent aero- 
dynamic limits. The purpose of the present report is to present the 
analytical techniques required to obtain the turbine design performance, 
engine weight-flow capacity, and over-all engine design performance. In 
the interest of providing results suitable for any specific air-cooled 
blade configuration, the analytical techniques are set up to employ a 
range of cooling air flow rather than the cooling air flow required for 
a single air -cooled. blade configuration. The analysis also permits the 
determination of all stagnation temperatures and pressures within the 
engine anfl the ratio of all component frontal areas. 
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ASSUMPTIONS 

The foUcrwlng assumptions vere made to facilitate the analysis; 

(1) Inasmuch as the condition of sinrpllfled radial eq^ullihrlum was 
imposed upon the turhlnes of reference 4 and was suggested in refer- 
ence 5 as a means of obtaining the first approximation to the conditions 
in a conpressor^ this condition was inposed upon the analysis of the 
turbine and, the inlet to the compressor. 

( 2 ) The turbine was analyzed on the basis of free-vortex blading 
(ref. 4 ). 

( 3 ) Solid-body-rotation guide vanes were employed in the analysis 
of the compressor inlet. 

(4) The density at the mean radial position was employed for com- 
puting the weight flow through the turbine (ref. 4 ) and the compressor 
inlet. 

(5) The stagnation temperature was considered invariant with the 
radial position at the entrances to the turbine (ref. 4 ) and the 
compressor. 

(e) The hub, mean, and tip radii at the turbine exit were considered 
equal to the respective values at the entrance to the turbine (ref. 4 ) . 

(7) A constant value of 4/3 for the ratio of specific heats was 
employed in the analysis of the combustor and turbine (ref. 4 ) . 

( 8 ) The analysis was made on the basis of adiabatic flow through 
the turbine. 

(9) The work done by the turbine upon the cooling air between the 
compressor entrance and the tips of the turbine blades was considered 
equivalent to the work required to compress the cooling air to the 
compressor -discharge stagnation temperature. 

(10) The mechanical friction and the work required by accessories 
were considered to be negligible in the analysis of the turbine. 

(11) The pressure head associated with the tangential component of 
the turbine absolute efflux velocity was considered to be dissipated by 
the struts which secure the tail cone, and the loss was charged to the 
adiabatic efficiency. 

(12) Upon the basis of some unpublished data obtained by the NACA 
and the results presented in reference 6 , the efflux of the cooling air 
from the tips of the turbine blades was considered not to affect the 
turbine specific work or adiabatic efficiency. 
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(13) The pressure ratio of the combustor vas varied with the inlet 
Mach number and the ten^erature ratio according to the experimental 
loss characteristics of the typical low-loss turbojet combustor studied 
in reference 7. 

(14) The combustion gases and the cooling air were considered to 
enter the zone in which mixing occurred downstream of the turbine at the 
same static pressure. 

(15) The flow area in the mixing zone for the turbine exhaust gases 
and the cooling air was considered constant. 

(16) As in reference 8^ the afterburner was considered to have a 
constant -area combustion section. 

(17) . In the afterburner, the friction and flame-holder losses were 
assumed to be given by a constant times the inlet dynamic head as in 
reference 8. 


(18) In computing the thrust, con^jlete expansion to the ambient 
pressure was assumed, because, as shown in reference 9, such an expansion 
results in the maximum thrust at the flight Mach numbers of 2 and 
higher . 


In the figures presented herein, as well as in reference 1, the 
following values of the constants were employed: 


B S3 5.5 
E =« 4.5 


G « 3.0 


%,2,t “ 
%,5,h = O’® 


^t 


0.25 


T^ « 708° R 


^x, 2 , h 

®2 


0.7 



0.7 
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-0.410 


no 


0-83 

0.83 


The symbols used in this report are defined in the appendix, n.nri 
the schematic diagrams of the nonafterburning and afterburning engines 
are presented in figure 1. 


ANALYTICAL TECHNTQIIEB 

The ind^endent variables chosen for this analysis are the turbine 
design pacifications: turbine-inlet teiperature, tip peed, the hub- 

tip radius ratio of the turbine, and arbitrary values of the coolant - 
flow ratio. The eploymaxt of the latter variable facilitates pecial- 
izing the results to any cooled-blade configuration- In order to relate 
the engine design performan.ce to the turbine design peclflcations and 
the coolant-flow ratio, it is necessary to ijpose aerodynamic limits 
upon each of the engine ccaponents in addition to and commensurate with 
its repective efficiency. 

The performance analysis is initiated with the turbine component; 
this coiponent limits the output of the engine throu^ the control it 
exercises over the weight flow of the engine and the pressure ratio of 
the compressor. Both the weight flow and the compressor pressure ratio 
determined are the maximum values obtainable from a single-stage, air- 
cooled turbine having the values of the aerodynamic limits assigned- 
The attainment of high ccnpressor pressure ratio and engine weight flow 
are eiphasized in this analysis so that the highest engine performance 
is attained for the least value of coolant-flow ratio. 

Compressor pressure ratio . - The compressor pressure ratio for a 
given compressor-inlet temperature and adiabatic efficiency depends upon 
the turbine peclflc work. In reference 4 (eq. (El)), the txirbine spe- 
cific work is epressed in the form of Euler’s tiirblne equation as 


^u,5,t ^u,6,t 


CD 


The value of the exit whirl can be conveniently pecifled by the ratio 
of whirl component of velocity to -wheel speed Vu^g^i/Ul at the radial 
position at -which the product of -whirl-energy loss per pound and total 
weight flow epresses the total whirl loss. Upon integrating the -whirl- 
energy loss over the blade height, it can be shown that the value of 
Vu,6,t/Ut used in equation (l) is related to Yu,6,i/Ul t»y the 
expression 
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V 

Ut 


u. 



V 

Ul 



( 2 ) 


It can "be shoTm that ^\Xj 5 jt/^-tJ required in equation (l), is given 
hy the functional relation 


V. 


u 


.5,t 






h' 


'x ,6 

H 


'u 


4^, 






Ut 

w 




(3) 


where 5 h. arid s /®6 turhine aerodynamic limits. Charts 

for solving equation (^) for ■> 0 are presented in refer- 

erence 4. Since V^^g^^/aJ has a small effect on the value of 
^u, 5 ,t/^t aerod^amlcally limited turbine designs (ref. 4), the 

chart of reference 4 can be employed to solve for 5 t/^t 
Vu 6 t/®€ assumed to be zero. ^ ^ 

The following equations, which en^iloy the values of 5 t/^t 
Vu g t/^tJ ■'^re used to obtain figure 2 and to determine the'^tfirbine 
te:^erature ratio: 



Equation (4) was obtained from equation (l) and the energy equation in 
terms of turbine-inlet and -exit temperature. Since 


* 

^4 




r+1 


f Igvtre 2 was employed to obtain a unique value of for each set of 

values of T^, U^, and r^yr^. The turbine specific work was then 
obtained from 




( 6 ) 
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The vork and weight-flow halances on the con^jressor and turbine 
lead to 


-Ah' 

“i " irr%r 

The right side of equation (7) can be expressed as a function of the 
con^ressor pressure ratio and the turhine-inlet temperature by means of 
the charts and methods of reference 10. The left side of equation (7) 
is plotted against the compressor pressure ratio with the turbine-inlet 
temperature as a parameter in figure 3. Byproducts of these calcula- 
tions are the cor^iresBor -outlet temperature and the combustor fuel-air 
ratio, which are presented in figures 4 and 5, respectively. Since the 
turbine specific work is given by equation (6), the compressor pressure 
ratio, the compressor -outlet temperature, and the fuel-air ratio can be 
obtained from figmres 3 to 5 for an assigned value of the coolant-flow 
ratio . 


Compressor specific weight flow . - The compressor specific weight 
flow is computed from the following form of the continuity equation: 


“cVsi ^ I 2, m \ , ra-i 

Vs ' + i)Mo \ / L ■ ra+i 




The solution of equation (8) d^ends upon the following equations devel- 
oped from the condition of simplified radial equlllbrlxim (assumption (l)), 
the condition of solid-body rotation (assunptlon (3)), and the condition 
of constant-energy flow: 



( 9 ) 


and 



( 10 ) 


Other equations required for the solution of equation (8) are the 
following: 
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^u,2,t 

~¥~ 


and 




The preceding equations were obtained from the application of the 
Pythagorean theorem to the hub velocity-vector diagram and the law of 
cosines to the tip velocity- vector diagram, the definition of the inlet 
relative Mach number at the hub, the condition of solid-body rotation, 
and the expression for the spanwlse absolute inlet velocity distribution. 
In the solution of the equations for the compressor specific weight flow, 
values are assigned for the rotor -inlet tip relative Mach number, the 
inlet axial critical velocity ratio, and the compressor hub -tip radius 
ratio. 
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Degree of reaction . - A static-pressure rise through, a turhlne 
rotor (negative reaction) at any spanwlse position Is likely to cause 
flow separation. In the case of a free-vortex turhlne design^ the re- 
action decreases from tip to huh. In reference 4, It Is pointed out 
that for a real turhlne, that Is, for one having losses, a condition 
which Is slightly more conservative than a limit of zero reaction Is the 
condition In which the magnitude of the relative velocity at the huh Is 
at least as large at the exit as at the entrance. The following eq.ua- 
tlon, which contains the conditions of a limited Inlet relative huh Mach 
number and zero change In the magnitude of the relative velocity across 
the huh of the rotor, permits the determination of the lowest value of 
Ut/a* for a given set of turhlne design specifications for which the 

reaction at the huh Is positive: 



6,h 


1 

1 



3 * 

1 

©■( 


5,h)^} 


(16) 


Equation (l6) was eirployed to plot the dashed line In figure 2. 


Turhlne-l-T-rnited specific weight flow . - The turhlne weight flow per 
unit turhlne frontal area Is determined at the turhlne exit from the 
continuity equation In the form 


■w^ 

^^x,6^ 

1 - — ( 

%6/“6 f 

r-1 

r 2i 

1 (^f 


RT^ \a|A 

_ r+1 ' 

'^,m/ J 




In which 


and 


2 3 2 

sin a_ w tan a_ /(l + tan a„ ) 
6,m 6,m' 6,m 


tan a.. 


,,m ag 


x,6 '"t 


^t 1 + ^h/= 


^6 Ve,t 


h/^t f;6 


(17) 


(18) 


(19) 


In order to solve equation (17), the assigned value of the exit axial 
critical velocity ratio Is employed and all the component pressure 
ratios from the Inlet diffuser through the turhlne must he determined- 
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The inlet diffuser pressure ratio, resulting from the Isentrqpic rela- 
tion and the definition of the ram recovery , is given by 


P 


2 


P 

m 



( 20 ) 


In equation (20), the flight condition and the ram recovery are assigned. 
The compressor pressure ratio is determined from figure 3. 


In order to obtain the combustor pressure ratio for the case in 
which the combustor reference velocity (combustor weight flow divided by 
the product of the largest cross section and the combustor-inlet density) 
is limited, the momentum and continuity relations must be solved simul- 
taneously. The useful form of the momentum equation is given by 



Employing Wgn/A^ as given by equation (17) results in the following 
useful form of the continuity equation: 


in which 



( 22 ) 



In figure 6, equations (21) and (22) are plotted with the same ordinate 
and abscissa. The en^irlcal constants B and E in equation (2l) were 
obtained from the pressure-drop data on the typical low- loss combustor 
studied in reference 7. Values of 3.0 and 0.25 were assigned to the 
combustor -inlet diffuser-area ratio G and the combustor-inner- to the 
turblne-tip-radlUB ratio, respectively. 
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The combustor ten^jerature ratio TJ/t^j -wiilcb is used as a param- 
eter In figure 6 , is computed from the specified turbine-inlet ten^era- 
ture and the compressor -outlet ten^arature. Therefore, in order to 
evaluate the combustor pressure ratio P 4 /P 3 from figure 6 , either 

Vg^/T^ or S must also be Isnown- If either V-g^/T^ or S is known, 
a point is fixed on figure 6 and, therefore, both Vb^/t^ and S as 

well as the combustor . pressure ratio are fixed. In the event that the 
combustor velocity must be limited and the combustor frontal area must 
be at least as large as the turbine frontal area to minimize pressure 
losses, the following procedure for using figure 6 is suggested; (l) 
Evaluate S with the combustor and turbine frontal areas assumed eq.ual 
(r^ ^/r^ s» 1 . 0 ) . ( 2 ) From this value of S and combustor temperature 

ratio T^/t^, determine V^^/T^ and P^/Pj from figure 6 . (3) Compute 

Vp from this value of Vp^/T^ and frcaa the value of the compressor- 

outlet temperature T^. (4) If the computed value of Vb is eq.ual to 

or less than the limiting values, use the corresponding value of p’/p'. 

4r 3 

If the computed value of Vb Is greater than the limiting value^ com- 
pute Vg^/T^ for the limiting value and use this V^^/t^ along with 

T^T^ to determine S and P^/P^* 


The turbine pressure ratio is deterxoined from the energy eq.uation 
written across the turbine and corrected for exit whirl. The correction 
is required because the adiabatic efficiency is charged with the pressure 
head associated with the tangential component of the efflux velocity 
(assimptlon (U)). The equation from which the turbine stagnation- 
pressure ratio is obtained is 



r 


— 1 

"j 

1 

H 

1 

•X, 

< 

M 
1 

1 - ^ ® 
T'ti 
4 "t 




r 

r-i 


(24) 


Finally, the turbine -limited ^eclflc weight flow is conputed from the 
following equation: 


"”^C ^T V ^/®2 

^ “ Ap (1 + ^B^d - C) 


(25) 


Coolant and combustion gas mixing *- - After the pressure head asso- 
ciated with the tangential conponent of the turbine efflux velocity is 
dissipated by the tall-cone struts (aspunption (ll)), the combustion gas 
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and the coolant enter the constant -area mixing zone (asBumption (l5)). 
The critical velocity ratio of the combustion gas as it enters the mix- 
ing zone can be determined from the continuity relation in the form 


1 


Tj+l 





(26) 


and from flgvire 7j in which the left side of equation (26) is plotted 
against Vy/aJ^. The uncorrected turbine specific weight flow from 

equation (17) is used in the solution of equation (26) . Because the 
pressure head due to whirl is dissipated between stations 6 and 7 with- 
out any energy change. Ti =» Ti and P4- « Pi. e* To evaluate p* 

f b / X^b X^b 

the following esspresslon for the turbine pressure ratio is used: 



.1.) 


r_ 
nr-i 


T«ti 
4 ‘t 


(27) 


The specific heat ratio en^doyed in the solution of equation (26) corre- 
sponds to a.nfl T^. Ihe mixture temperature is obtained from the 

charts of reference IQ and from the heat balance across the mixing zone 
in the form 


1 - 0(1 + f^) h^ + Ch^ 

^8 “ 1 + (1 - 0 % 

The values of enthalpy required in equation (20) can be determined from 
the charts of reference 10, the state conditions, and fuel-air ratio. 

In order to determine the pressure ratio across the mixing zone, it 
is necessary to solve the momentum balance and the energy balance across 
the mi ng zone simultaneously. State conditions of the coolant before 
ml yj ng are unknown because they depend upon the cooled-blade configura- 
tion; therefore, this solution involves some approximations. However, 
since cEilculatlons Indicated that the mixing-zone pressure ratio does 
not vary more than ‘6 percent from unity, no large error is involved. 
After these approximations have been made, the momentum and energy 
relations for the m i xing zone tahe the form 
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3?he simultaneous solution of the preceding eq.uations results in an ex- 
pression for the critical, velocity ratio after mixing in the form 



(31) 


in -which 


■^8 



2 al 


(32) 


The mixture fuel-air ratio is needed for the preceding calculation and 
is given by 


fm « (l - C)fB 


(33) 


The mixing -zone pressure ratio is then obtained by solving equation (29) 

The value of the specific-heat ratio of the mixture corresponds -to 
% and T^. 


Afterburner . - The combustion gas must first be diffused to an 
afterburner-inlet velocity which permits efficient combustion. The pres 
sure ratio across the afterburner diffuser is given by 

ra 



1 - 

r +1 
8 

(1 - Tp) 


2 

+ no 

{TJ. 


1 

'''ab 


/ 




( 34 ) 
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which is obtained from the definition of the afterburner diffuser effi- 
ciency. The afterburner pressure ratio depends upon the afterburner- 
exit critical velocity ratio. On the basis of a constant-area combus- 
tion section (assumption (l6)) and upon a flame-holder and friction drag 
loss given by a constant times the inlet dynamic head, the afterburner- 
exit critical velocity ratio can be obtained from the simultaneous 
solution of the continuity and momentum relations written across the 
combustion zone. The solution for the exit critical velocity ratio 
takes the form 


in which 




(35) 


(36) 


In the solution of equation (36), the drag coefficient, the afterburner- 
inlet velocity, and the afterburner-outlet tesmperature are assigned. 

The pressure ratio across the afterburner combustion zone is then ob- 
tained from the momentum equation in the form 


1 



In the preceding equation, the value of the specific-heat ratio at the 
exit (station 10) corresponds to the afterburner-exit ten 5 )erature and 
the afterburner fuel-air ratio given by equation (20) of reference 10. 


Cooled-engine performance . - Since the conplete expansion of the 
combustion gas is called for by assuagjtlon (18), the unit thrust for 
either the nonafterburning or the afterburning engine is given by 


z_ 


w^ (1 + f)Vj 

Aqi _ g 



( 38 ) 


For the nonafterburning engine. 
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Vj sa (39) 

and 

wliereas for "bhe afterburning engine^ 

Vj « V2gJ%(4o - 

and 


f « f 


AB 


(42) 


Tbe values of and can be obtained from the charts of refer- 

ence ID corre^ondlng to the pertinent state conditions. The value of 
h^ is given by eq.uation (28) . 

The thrust i^ecific fuel consmtiption is given by 


SfCp 


3600fv^/A^ 


(43) 


in which f is obtained from either equation (40) or (42 ) , depending on 
■whether f/a^ is for the nonafterbumlng or the afterburning engine. 


Relative coHponent frontal areas . - It is desirable to compare the 
frontal areas of the several coii 5 )onents with the frontal area of the 
turbine where the engine weight flow is considered limited herein. The 
ratio of the inlet diffuser frontal area to the turbine frontal area for 
supersonic flight Mach numbers is given by the following identity: 



(44) 


in which the following equations, obtained from the weight-flow balance 
on compressor and turbine and the continuity relation, respectively, are 
required: 


A^2 “ Ap (1 + fg)(l - C) 


and 
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Aj-Sg 


r.p+1 

/ r -1 \2(r»-i) 


(46) 


In the case of the compressor^ the following two 8e3J-evldent relations 
may he employed in conjunction with equation (s) to determine graphical- 
ly the ratio of the compressor to the turbine frontal areas: 





(47) 


and. 

ArSg -A^ A(^2 


(48) 


The previous two equations were employed to plot figure 8, from which 
the ratio of the conpressor to turbine frontal area can be obtained for 
a given turbine tip speed and turbine-limited specific weight flow. In 
the case of the combustor and the afterburner, the following respective 
equations derived from the continuity illation give the ratio of either 
the combustor or afterburner frontal area to that of the turbine: 







1 




/ GV 

r-1 ( B ) 

r+i \a| J 


i_l_ 

r-1 





(49) 


(50) 


COlfCWJDIBG REMARKS 


The relations have been presented from which the design-point per- 
formance of both nonafterbuming and afterburning turbojet engines 
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having air-cooled turhlnes may he determined. In the development, the 
engine design performance vas related to the turbine design epeclflca- 
tlons of a single-stage turbine in order that the same turbine ^eclfl- 
cations may be employed to coii 5 )ute the coolant req.uirements of any 
cooled-blade configuration. In order to relate the en gi performance 
to the turbine design variables, the ^ecific weight flow ninrl ^eciflc 
work, of the turbine ware l im ited by assigning values to certain turbine 
aerodynamic limits. In addition, in order that the analysis apply to a 
series of cong>arable engines, the performance of the several components 
was also fixed by assigning values to component aerodynamic limits. In 
the analysis, the coolant -flow ratio was arbitrarily assigned so that 
the results apply to the use of any air-cooled blade configuration. For 
the aerodynamlcally limited turbines, the coolant flow reduces the 
obtainable compressor pressure ratio, as well as causes losses in stag- 
nation temperature And pressure, in m-f-ying with the combustion gas 
downstream of the turbine. All these effects are accounted for in the 
analysis. 


Lewis Flight Propulsion Laboratory 

■''National Advisory Committee for Aeronautics 
Clevela n d, Ohio, ^rll 21, iSS-i 
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APPENDIX - SYMBOLS 

The following synibols are used in this report: 

A frontal area, sq, ft 

a* critical velocity of sound, gRT’, ft/sec 

B easperimental constant In eq. (21) 

C coolant-flow ratio (ratio of coolant weight flow to coinpressor 

wel^t flow) 

Cjj drag coefficient 

E experimental constant in eq. (21) 

F thrust, lb 

f fuel-air ratio 

fn function 

G ratio of Tna-iH rniirti camhustor- inlet flow area to compressor- 

outlet flow area 

g acceleration due to gravity, ft/sec*^ 

h static enthalpy, Btu/lh 

h' stagnation enthalpy, Btu/lb 

J mechanical equivalent of heat, ft-lh/Btu 

constant defined by eq. (14) 

Kg constant defined by eq. (15) 

M Mach number 

Pq MCA standard atnKJspheric pressure at sea level, 2116 Ib/sq ft 

p^ ambient free-stream press\jre, Ib/sq ft 
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P’ 


stagnation pressiore, It/sq ft 


P’ 


R 

r 

S 

SfCj. 

T 

0 

!P> 

U 

V 

^AB 

^x 

W 

V 


10 


a 


atsolute stagflation pressure based on axial velocity component, 
Ib/sq ft 

gas constant, ft -lb/ (lb) (°R) 
radius, ft 

, sec ^)pR 

parameter defined by eq. (23), — jrg 

thrust specific fuel consumption, (lb/hr)/lb 

HA.GA. standard atmospheric tenrperatoire at sea level, 518.4 °R 

stagnation temperature, °E 
blade speed, ft/sec 
absolute velocity, ft/sec 
afterburner-inlet velocity, ft/sec 

combustor zeference velocity, defined as velocity required 
for combustor to pass its wei^t flow throu^ the largest 
flow area at inlet density, ft/sec 

tangential component of absolute velocity, ft/sec 

axial coDiponent of absolute velocity, ft/sec 

velocity relative to rotor, ft/sec 
weigpit flow, Ib/sec 
parameter defined by eq. (32) 

parameter defined by eq. (36) 

angle between tangential direction and absolute efflux 
velocity of turbine, deg 
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without subscript 4/3, ratio of specific heat; with subscript, 
a function of local stagnation temperature and fuel-air ratio 

specific con^jressor work, Btu/lb 
specific t-urbine work, Btu/lb 

ratio of stagnation to standard pressure, p'/Pq 

adiabatic efficiency 
diffuser efficiency 

nozzle efficiency 
ram recovery 

ratio of stagnation to standard temperatxjre, T'/Tq 

Subscripts ; 

AB afterburner 

B combustor 

C contpressor 

h hub or inner radius (refers to turbine hub when used alone as 

subscript) 

I inlet diffuser 

i integrated mean 

J Jet 

M mi 2 ct\ire 

m mean radial position 

R relative (except when used with t]) 

T tvirbine 

t tip (refers to turbine tip when -used alone as subscript) 


r 

6 

n 

\ 

’Ir 

9 
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1 to 11 engine stations as shown on fig. 1 
• ambient free stream 


EEFERENCES 

1. Rosshach, Richard J., Schramm, Wilson B., and Huhbartt, James E. : 

Analysis of Factors Affecting Selection and Design of Air-Cooled 
Single-Stage Turhines for Turbojet Engines. I - Turbine Perform- 
ance and Engine Wei^t-Plow Capacity. KA.CA EM E54C22, 1954. 

2. Ame, Vernon L., and Nachtlgall, Alfred J. : Calculated Effects of 

Turbine Rotor-Blade Cooling -Air Flow, Altitude, and Ccairpressor 
Bleed Point on Performance of a Turbojet Engine. NA.CA EM E51E24, 
1951. 

3. Ziemer, Robert R., Schafer, Louis J., Jr., and Heaton, Ihomas R. : 

Perfoimance of Two Air-Cooled Turbojet Engines Determined Analyti- 
cally from Engine Component Performance for a Range of Cooling- 
Air Wel^t Flows. HACA RM E53K19, 1954. 

4. Cavicchi, Richard H. , and English, Robert E. : A Rapid Msthod-for 

Use in Design of Turbines within Specified Aerodynamic limits. 

NACA Ttr 2905, 1953. 

5. Wu, Chung-Hua, and Wolfenstein, Lincoln: Application of Radial- 

Equilibrium Condition to Axlal-Flow-Campressor and Turbine Design. 
HACA Rep. 955, 1950. (Supersedes HA.CA TET 1795.) 

6. Ainley, D. G.: An Experimental Single-Stage Air-Cooled Turbine. 

Pt. n - Research on the Performance of a Type of Intemally- 
Air-Cooled Turbine Blade. Aircraft Eng., vol. XXV, no. 295, 

Sept. 1953, pp. 269-276. 

7. Zettle, Eugene V., and Cook, iaiHam P.: Performance InveBtlgation 

of Can-Type Combustor. I - Instrumentation, Altitude Operational 
Limits, and Ccanbustion Efficiency. HACA EM E8P17, 1948. (Super- 
sedes NACA RM E6L05 . ) 

8. Bohanon, H. R., and Wilcox, E. C.: Theoretical Investigation of 

Thrust Augmentation of Turbojet Engines by Tail-Pipe Burning. 

HACA EM E6L02, 1947. 

9. Durham, F. P.: Increased Jet Thrust from Pressure Forces. Jour. 

Aero. Sci., vol. 17, no. 7, July 1950, pp. 425-428. 

10. English, Robert E., and Wachtl, William W. : Charts of Thermodynamic 

Properties of Air nnri Combxxstion Products from 300° to 3500° R. 
MCA TN 2071, 1950. 



22 


NACA EM E54D21 




(b) Afterbuming engine. 

Figure 1. - Scbemtlc diagram of two turbojet engines. 
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Figure 2. - Variation of aerodynamloally limited turbine teiq^erature ratio 
with inlet critical blade-speed ratio and turbine hub -tip radius ratio. 
Inlet relative Haoh number at hub» 0.8t exit axial critical velocity 
ratio, 0.7; Integrated mean exit whirl parameter 7^ g l/^L> -0.il; adia- 
batic efficiency, 0.65. 
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Figure 4. - Variation of compressor-outlet temperature with pressure ratio. 
Compressor-Inlet temperature, 708° H; adlahatic efficiency, 0.83. 


ConflniBtor fuel -air ratio 



Figure 5. - Variation of fuel-air ratio vlth conipreasor pressure ratio and 
tufblne-tnlet tengierature. Compressor-Inlet ten^jerature, 708° R; adla- 
■batlc efficiency, 0.83. 
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Critical velocity ratio, V/a* 

yigure 7. - Variation of specific weight-flow larameter with critical velocity ratio. Zero 
tangential velocity. 









